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NATIONAL ADVISCRY COMMITTEE FCR AERONAUTICS
RESEARCH MEMORANDUM

EFFECTS OF CERTAIN FLOW NONUNIFORMITIES ON LIFT, IRAG,
AND PITCHING MOMENT FOR A TRANSONIC-AIRPLANE MODEL
INVESTIGATED AT A MACH NUMBER OF 1.2 IN A NOZZLE
OF CIRCULAR CROSS SECTION

By Virgil S. Ritchie

SUMMARY -

An investigation was conducted in the Mach mumber 1.2 test section
of the Langley 8-foot high-speed tunnel to obtaln scme quantitative
indication of the magnitude of model-force changes produced by a given
nonuniformity of the test-section flow. The results of those tests
Indicate that no significant changes of 1ift, drag, and piltching-moment
coefficlents for a test model of a transonic airplene were produced by
varying the location of a moderetely strong flow disturbance axially
along the model length. Also, the approach of the stresm normal shock
from its ususl locatlon downstream of the sting-supported test model is
shown to result 1n no appreclable model-force changes until the flue-
tuating normal shock reaches the model base and tail surfaces.

INTRODUCTION

The attalnment of uniform flow in the test section of a supersonic
wind tunnel is very difficult in practlice and some noruniformity is
usually present. For some test purposes 1t 1s necessary to have the
flow as uniform a&s possible, but for practical force measurements on
conventional test models 1t was thought that some nonuniformity could
be tolerated. The present investigation was underteken to obtain the
effects of certain flow disturbances on the force characteristics of a
model. For this investigation, a model of a tramnsonic airplans,
equipped with en internal balance unit for model-force measurements,
was tested in the Mach number 1.2 test sectlon of the Langley 8-foot
high-speed tunnel in the presence of a moderately strong campression
disturbaence. The scope of the measurements was limited to the given
flow conditions end to the particular test model.
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Another flow nonuniformity of Jinterest in testing models in a rela-
tlvely short supersonic test region where the test-section flow 1s ter-
minated by the stream normal shock 1s introduced by the proximity of the
streem normel shock to the rear of the test model. The shock termi-
nating the Mach number 1.2 test section of the Langley 8-foot high-speed
tunnel fluctuated over & considerable axiasl distance end, therefore,
tended to spread its effecte over a greater distance than would result
fram a steady normal shock. Some uncertainty existed as to the disbtance
at which the shock effects might be felt upstream of the average shock
location. Thig uncertainty led to the simple expedient of measuring the
forces on a conventlonal test model while permitting the stream normal
shock to approach the base of the model frrom downstream.

L 1ift, pounds

D - drag, pounds

M pitch.ing moment about center of gravity (20 2 percent c) ’
foot~pounds

c - wing mean aerodynamic chord, feet

5 : surface area of wing, square feot

q dynemic pressure corresponding to Mech number 1.2, pounds pe'x" '

squeare foot
C;, 1lift coefficient (L/gS)
Cp drag-coefficient (D/q8)

Cpm . pitching-moment coefficient (M/qdS)

a

angle of attack of fuselage center line, degrees

The Lengley 8-foot high-speed tunnel in which the present investi-
gation was conducted is of circular cross section throughout. An
axially symmetrical nozzle Iinstelled as a liner in the tunnel wes used
for expanding the flow to a Mach number of 1.2, and an effectively
cylindrical section about 94 inches in dlameter constituted the
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supersonic test region of parallel flow available for the model tesits.
The length of this Mach number 1.2 test reglon was feirly short, varying
between 4O and 55 inches; the exact length depended upon various factors
affecting the tumnel power. Deceleration of the supersonic Tlow
occurred through & fluctueting normal shock in the stream at the down-
streem end of the test sectlon. A nerrow window extending the length
of the nozzle end test section was available for observation of the
model and flow phencmens. :

A -J%—scale model of the Douglas D-558-IT airplane complete with swept-

back wing and tail surfaces was used for this investigatlon. This model
was equlipped with en intermal balance unit for measuring model forces.

The over-all length of the model fuselage was 31.5 inches and the tail .
surfaces extended 2.5 inches downstream of the base of the fuselage. The
maximum dismeter of the fuselage was approximately 3.75 inches and the wing
spen was 19 inches. The mean asrodynamic chord of the model wing was

5.46 inches and that of the model tall, 2.61 inches. An angle of incidence
of 3° and & horizontal-tall setting of l.9°, both taeken relative to the
longitudinal axis of the fuselage, and en elevator setting of 0° relative
to the horizontal -tall setting were kept constant throughout the tests.
The fuselage angle-of-attack variatlons included only the approximate
values of 4.5°, 1.5°, and -2°. The center of gravity of the model wes
displaced about 2 inches from the nozzle center line for the fuselage

angle of attack of 4.5°. A photograph of the test model is shown as

figure 1 and a complete description of the model and test equipment is
glven in reference 1.

The arrangement for testing the model in the supersonic test reglon
of the Langley 8-foot high-speed tumnel is shown in figure 2. The model
was supported at the axial center line of the tunnel by means of a
conicel sting extending from the base of the model to a cyllndrical
tube which was maintained in place along the center line by a support
system located in the tumnel diffuser. Adjustment of the axial location
of the model was accamplished by axial movement of the cylindrical tube
inside the central hub of the support system. Model angle-of-attack
changes were effected by means of interchangeable split couplings at the
downstreem end of the conical sting. Corrections for the model angle-
of-attack changes due to bending of the sting and extension tube during
actual tests were obtalned from the angle of reflection of a beam of
light projected obliguely fram the test-section observation window to
a small mirror imbedded in the swrface of the test model. Static-
mressure orifices located 2 inches apart along the walls of the nozzle
end. test section were used to check the flow Mach numbers obtalned for
the various runs.

Surveys of the axially symmstrical flow in the supersonic test
gection at the time of the present investigation indicated that the
flow was relatively free of serious disturbances, except at a
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-station on the axlal center line about 75 inches downstream of the *
effective minimm section of the nozzle. At this stetlon, a compression 7
disturbance equivalent to a decrement of 0.05 in the Mach number 1.2 ' -
flow persisted over an axial dlstence of about 2 inches. Thils disturb- =
ance was found to extend obliquely out from its central location S
along lines roughly corresponding to ‘Mach lines. The intensity of the R
disturbance decreased at a significant rete with distance from the

axial center line, the Mach number decrement of 0.05 from the center

line to 1.5 inches off the center line dscaying to decrements of 0.038

and 0.022 at dlstances of 3 and 7 inches off the center line, respec- -z
tlvely. Thils rate of decay of the flow-disturbance Intensity with

distance from the center line indicated that the megnitude of the

disturbance actually striking the surface of the model fuselage might

be somewhat less than the values shown In figure 3, since these T e
messurements were made at a distance of 1 inch off the axial center

line and the surface of the fuselage was as much as 1.9 inches from

the center line. Axial distributions of the flow Mach number 1 inch

off the center line of the Mach number 1.2 test section are given in

figure 3 for model locations designed to locate the central distuxrb-

ance roughly in reglons occupiled by the model wing, by the model tall,

end by the fuselage between the wing and tell. . - _ S

TPEST FROCEDURE P

The calibration Mach number distribution in the supersonic test
section of the Langley 8-foot high-speed tunnel was held comstent for
the tests of this investigation. The given campression disturbance
equivalent to a decrement of 0.05 in the flow at the center line per-
sisted at a fixed axlal location in the test region of Mach number 1.2.
The axlal location of the test model was varied to permit the flow
distuwrbance to strike the model at various longltudinel statlons and
thus to vary the uniformity of the flow over the model components,
especially in the regions of the wing and tall surfaces. Forces were
measured for the model in the three regions of varying flow u.niformity
shown in figure 3. o ) =

Reynolds numbers for the model fuselage, wing, and tell, based on
tost conditions at Mach number 1.2 and on the over-all fuselage length
and mean aserodynamic chords of the wing and tall, were approxi- e

mately 10 x 106, 1.7h x 106, and 0.83 x 108, respectively.

The stream normal shock at the downstream end of the Mach number -
1.2 test sectlon fluctuated rapldly over a distence of about 8 inches in B
the stream direction. This shock, normelly located about 12 inches
downstreem of the model, was permitted to approach the base of the test

model from downstream by sultable reduction of the tunmel operating .
power. Model forces were measured with the shock at various distances . "
downstreem of the base of the model. The average shock locations were ¢

determined by means of shadow gbservetlions and by means of static-

pressure measurements at the r"eog_gﬁqgsiﬁ . No static-pressure
measurements weire made on the fLtempts were made to
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separate possible effects caused by the normel shock striking the model
from those due to transmission of increased pressures upstream through
the boundary layer on the sting.

RESULTS AND DISCUSSION

Verying flow unlformity longitudinally along length of model.-
Model-force measurements with the test model in the flow distributions
of figure 3 are presented in figure 4. These results indicate that no
significant changes of the lift, drag, end pltching-moment coefficlents
were produced by varying the axiel locatlon of the test model in the
Mach number 1.2 flow conteining a compression disturbance which extended
over an exial distance of 2 or 3 inches and whlch was equivalent to a
decrement of 0.05 in the flow Mach number &t the axis of symmetry. The
variation of the force coefficlents shown in figure 4 is within the
accuracy of measurement normally attalnable by means of the internal
balance system used for measuring model forces. Significant chenges of
model forces due to variation of the flow uniformity may possibly occur,
if the model is tested in regions where the force coefflclents vary
raplidly with Mach number.

The experimental indicetion that no significant changes of model
1ift, drag, and pitching moment are produced by the given flow disturb-
ence does not necessarlily imply that such a disturbance can be
tolerated for more fundemental studies of aerodynamlc phenomena.

Nearness of stream normal shock to base of model.- The results of
force measurements for the test model with the stream normal shock
located verious distances downstream of the model base are shown in
figure 5. The normal-shock locations in this figure are given in terms
of the distance from the model base to the mean shock position. The
shock actually fluctuates about 4 inches upstream and downstream of
this mean position. The results shown in figure 5 indicate that signif-
icant changes of model drag and pltching-moment coefflclents are intro-
duced when the average location of the stream normal shock is at the
base of the model and that these changes diminish in magnitude as the
fluctuating shock 1s moved downstream, untll no appreclable changes are
evident when the shock-fluctuation zone 1s entirely downstream of the
model base and tall surfaces. The model 1ift coefficient is shown to
remain essentially comstant throughout these tests (see fig. 5) and,
therefore, indicates that the flow in the region of the wing was
unaffected by the fluctuating normal shock even when the shock was
located at the base of the model.
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Whether the model-force changes were due solely to. primary effects
of the stream normsl shock in the region of the test model or whether

some portion of the over-all changes was possibly brought about t_hrough“

transmission of the increased pressures behind the shock upstream
through the boundary layer on the sting is not known. It is belileved,
however, that no large changes in model forces are introduced by the
tranemigsion of increased pressures upstream through the sting boundary
layer when the shock 1s located entirely downstream of the model. This
bellef 1s supported by the fact that the measured drag and piltching-
moment coefficlents tend to level off at constant values when the
fluctuating-shock zone is entirely d.ovmstream of the mod.el-

(See fig. 5.) .

CONCLUSIONS

The effects of certain flow disturbances on model forces were
investigated for a gilven set of conditions. The results of the brief
investigation appeared to Justify the following conclusions regarding
effects of given flow nonuniformities on _force measurements for a test
" model of a conventional transonic airplane in an axially symmetricel
flow of Mach number 1.2:

1. A flow disturbance equivalent to a Mach number decrement of 0.05
or less at the axis of symmetry and extending over an axial distance

of 2 ar 3 inches or 6 to 10 percent of the model length cam be tolerated

for practical force-tedt purposes.

2. No significant changes of model drag end pitching-moment coeffi-
cients occurred until the stream normel shock was loca’ced 1n the region
of the model base and tail surfaces.

Langley Aeronsuticael Laboratory
National Advisory Committee for Aeronautics
Langley Air Force Base, Va.
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Flgure 1.- Sting-supported ilg—scale model of the D-558-I1 airplene used for Investigating the effects

of flow nomumiformity on model forces.
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